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SUMMARY 

This paper presents a summary of the e f fec ts  of plan form and thick- 
ness on the l i f t  and drag character is t ics  of wings a t  transonic speeds. 
The data considered i n  t h i s  summary were obtained during a transonic 
research program conducted i n  the Langley high-speed 7- by 10-foot tunnel 
by the transonic-bump method. The Reynolds numbers of  the t e s t s  were 
generally less than 1 x 10 . The r e su l t s  indicated that ,  for  subsonic 
Mach numbers below the force break, theoret ical  lift-curve-slope calcu- 
la t ions were i n  f a i r  agreement with the experimental resu l t s ,  while i n  
the supersonic range the theory was considerably higher !ban the experi- 
ment. Increasing the thickness r a t i o  caused rather  large losses of l i f t  
i n  the transonic-speed range and increases i n  sweep angle decreased these 
losses.  Decreasing the thickness r a t i o  and increasing the sweep angle 
increased the drag-rise €kch number and reduced the pressure drag. The 
sonic pressure drag varied l inear ly  with the 5/3 power of the thickness 
r a t i o  i n  accordance with the two-dimensional transonic s imi la r i ty  r u l e .  
The e f fec t  of sweep angle on the maximum pressure drag could a l so  be 
estimated with good accuracy. In general, the drag due t o  lift was 
increased by decreases in  thickness r a t io ,  increases i n  sweep angle, and 
decreases i n  aspect r a t i o .  
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INTRODUCTION 

The National Advisory Committee for  Aeronautics has recent ly  been 
engaged i n  a transonic research prograa which w a s  recommended by an 
NACA Special Subcommittee on Research Problems of Transonic Aircraft  
Design. A s  a par t  of t h i s  program a systenatic investigation of the 
e f fec ts  of wing thickness and plan form on the aerodynamic character is t ics  
i n  the transonic range has been conducted i n  the Langley high-speed 
7- by 10-foot tunnel by the t r  d. In order t o  expedite 



2 SE NACA RM ~ 3 1 ~ 3 0  

the  publication of  these data the r e su l t s  fo r  each wing were published 
sepbrately and l i t t l e  analysis of the data w a s  made. 

The purpose of t h i s  paper is t o  compare the r e su l t s  obtained fo r  
the various wings of the transonic program i n  order t o  determine the 
e f f ec t s  of thickness and plan form on the l i f t  and drag character is t ics  
of wings i n  the transonic speed range. It w a s  a l so  desired t o  determine 
the extent t o  which the experimental resu l t s  were predictable by avai l -  
able subsonic, transonic, and superso 

It shoula be poinlied out t ha t  there are many-shortcomings of the 
transonic-bump technique used t o  obtain the r e s u l t s  presented i n  t h i s  
paper. The Reynolds numbers are extremely low (see f i g .  l), the span- 
w i s e  k c h  number gradients ra ther  large, and the f l a w  i s  s l i g h t l y  curved. 
However, the r e su l t s  are believed t o  give a t  l e a s t  a qual i ta t ive indica- 
t ion  of the type of compressibility e f fec ts  t ha t  may be encountered i n  
the transonic speed range and f a i r l y  re l iab le  indications of trends i n  
aerodynamic charac te r i s t ics  resul t ing from systematic changes i n  geometry. 

SYMBOLS 

l i f t  coeff ic ient  CL 

t o t a l  drag coeff ic ient  CD 

drag coefficient a t  zero l i f t  
cDO 

CD' - 
(CDO(M = 1) 

sonic pressure drag 

Do(M = 0.6)) maximum pressure drag - c  cD' max 

N D  drag due t o  l i f t  (cD - 'Do) 

U angle of attack, degrees 

A aspect r a t i o  

x taper r a t i o  

A sweep angle of quarter-chord l ine ,  degrees 
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- t r a t i o  of maximum section thickness a t  a given spanwise s ta t ion  
C 

t o  the wing chord pmallel t o  plane of symmetry a t  tha t  
s t a t ion  

M free-stream h c h  number 

Mcr theoret ical  c r i t i c a l  Mach nuaber (free-stream M fo r  loca l  
M = 1.0) 

experimental force-break Mach number (M f o r  C h  

R Reynolds number 

rate of change of l i f t  with angle of a t tack  cLa 

TEST TECHNIdUE 

The t e s t s  were conducted i n  the Langley high-speed 7- by 10-foot 
tunnel by u t i l i z ing  an adaptation of the NACA wing-flaw technique for  
obtaining transonic s p e d s .  The method used involves mounting a semi- 
span model in the high-velocity flow f i e l d  generated over the curved 
surface of a bump located on the tunnel f loor .  A more complete descrip- 
t ion of the test technique and a discussion of the effect9 of the 
velocity gradients and flar curvature on the aerodynamic character is t ics  
a re  given i n  reference 1. N o  attempt has been made t o  evaluate j e t -  
boundary corrections since the boundary conditions t o  be sa t i s f i ed  are  
not rigorously defined. However, inasmuch as the effect ive f l a w  f i e l d  
i s  large compared with the span and chord of the model, these corrections 
a re  believed t o  be s m a l l .  In order t o  minimize leakage e f f ec t s  due t o  
the cut-out i n  the bump that allaws for  changes in  angle of a t tack ( a  
turntable could not be used because of the surface curvature of the bump), 
an end p la te  was employed. The e f f ec t  of t h i s  end plate  has been invest i -  
gated and it has been found tha t  the only appreciable e f f ec t  of the end 
p la te  i s  tha t  of increasing the minimurn drag. 
drag runs were made without an end plate  by using a small cut-out and a 
sponge-wiper seal t o  prevent leakage (see reference 1). The lif t-curve 
slopes presented herein have been corrected for  deflection of the model’ 
under a i r  load by combining static-loading t e s t  r e su l t s  with aerodynamic 
s t r i p  theory. No corrections have been made t o  the drag due t o  l i f t  for  
deflection of the model under air  load inasmuch as  estimations of the 
corrections have indicated tha t  tkey a re  negligible.  

Therefore a l l  minimum- 
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RESULTS AND DISCUSSION 

The r e su l t s  a r e  presented i n  the form of l i f t -curve slopes (measured 
through zero l i f t )  and zero- l i f t  drag coeff ic ients  against k c h  number 
and drag due t o  l i f t  against  l i f t  coeff ic ient  for  several  &ch numbers. 
Complete de t a i l s  of the basic data a re  presented i n  references 2 t o  11 
and are  summarized i n  tab le  I. 

The present paper c'onsiders only wings having constant thickness 
r a t i o s  along the span. 
research program, an investigation has been made t o  determine the e f fec t  
of spanwise thickness variations on the aerodynamic character is t ics  of 
swept wings a t  transonic speeds and the r e s u l t s  a r e  presented i n  re fer -  
ence 12. Inasmuch as  reference 12 contains a rather  complete discussion 
of the  r e su l t s  and includes comparisons with both theory and the experi- 
mental r e su l t s  for  wings of constant thickness ra t ios ,  the r e su l t s  a re  
not reproduced here. 

However, as an outgrowth of the or ig ina l  transonic 

Li f t  

Effect of thickness r a t io . -  The e f fec t  of thickness r a t i o  on the 
variation of the l i f t -curve slope w i t h  Mach number i n  the transonic speed 
range i s  shown i n  figure 2. 
slopes the theore t ica l  c r i t i c a l  Mach nurnbers as estimated from refer -  
ences 1 3  and 14 a re  presented as short  ve r t i ca l  lines,. 
of a i r f o i l  section and wing sweep were considered i n  estimating the 
theore t ica l  c r i t i c a l  Mach numbers since reference 15 indicates t ha t  
aspect r a t i o  has a negligible e f fec t  i n  the aspect-ratio range (from 2 
t o  6) under consideration. Since the question a s  t o  which sweep l ine  
is  most d i r ec t ly  re la ted  t o  the compressibility e f fec ts ,  especial ly  for  
the l i f t i n g  case, i s  s t i l l  controversial, the sweep angle of the wing 
reference l i n e  (quarter-chord l i ne )  was a r b i t r a r i l y  used t o  estimate the 
e f fec t  of  sweep on the c r i t i c a l  Mach number. 

In addition t o  the experimental l i f t -curve 

Only the e f f ec t s  

The top part of figure 2 shows the e f f ec t  of thickness r a t i o  on 
unswept wings of aspect r a t i o  4. 
thickness r a t i o  is increased, the force-break bhch number decreases as  
would be expected from theore t ica l  c r i t i c a l  Phch number considerations. 
However, it w i l l  be noted tha t  the force break does not occur u n t i l  the 
theore t ica l  c r i t i c a l  Mach number has been exceeded t o  some extent.  For 
the thicker wings there i s  a def in i te  bucket-type variation of l if t-curve 
slope with Mach number beyond the force break with the loss  of l i f t  i n  
the bucket increasing with increasing thickness ratid.  Although the 
12-percent-thick wing w a s  not of the same a i r f o i l  ser ies ,  it is  fe l t  that 
the e f fec ts  shown a re  due mainly t o  the maximum thickness r a t i o  and not ' 

the chordwise thickness dis t r ibut ion.  

The r e su l t s  indicate that, a s  the 
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In the middle and lower parts of figure 2 
r a t i o  on the variation of the l if t-curve slope 

the e f fec t  of thickness 
with Mach number fo r  

4’3’ sweptback wings of aspect ra t ios  4 and 6 is presented. 
with thickness r a t i o  for the swept wings are s imilar  t o  those for  the 
unswept wings, with the force break occurring somewhat beyond the theo- 
r e t i c a l  c r i t i c a l  Mach number and the loss i n  l i f t -curve slope i n  the 
transonic range increasing with increasing thickness ratio.. In general 
it can be sa id  that ,  a t  moderate subsonic speeds, thickness r a t i o  has 
r e l a t ive ly  small e f f ec t s  on the l if t-curve slope and t h a t  increasing 
thickness r a t i o  reduces the force-break Mach number and increases the 
loss  i n  l i f t -curve slope (shock s t a l l )  i n  the transonic speed range. 
A t  the higher Wch numbers, as  the shock moves t o  the rear, l i f t  is 
recovered on the thick wings so that ,  i n  general, there i s  r e l a t ive ly  
l i t t l e  e f f ec t  of thickness r a t i o  on the l i f t -curve slope. 

The trends 

Effect of aspect ratio... The e f fec t  of aspect r a t i o  on the variation 
of the l i f t -curve slope with Wch number i n  the transonic speed range 
is shown in  figure 3.  In addition t o  the’experimental r e s u l t s  the 
theore t ica l  r e su l t s  obtained from references 6 t o  21 a re  presented. 
upper part of the figure presents the e f f ec t  of asgect r a t i o  on the 
character is t ics  of an unswept wing having an NACA 65AOOk a i r f o i l  section. 
The experimental r e su l t s  indicate as does the theory tha t ,  as the aspect 
r a t i o  i s  reduced, the variation of the l i f t -curve slope with lkch number 
i s  decreased and, although the force-break Mach number i s  not very well 
defined for  the aspect-ratio-2 wing, it appears that reducing the aspect 
r a t i o  from 4 t o  2 increases the force-break Mach number by approximately 
0.05. In the low-subsonic range the experimental r e su l t s  are i n  f a i r l y  
good agreement with the theoret ical  resu l t s ;  however, the experimental 
l i f t -curve slopes rise more rapidly w i t h  Mach number than do the theo- 
r e t i c a l  slopes. In the supersonic range the theore t ica l  l if t-curve slopes 
are considerably higher than the experimental slopes. This difference is  
due, in  part, t o  the f ac t  that the theory i s  for  i n f in i t e ly  t h i n  wings and 
it has been sham i n  figure 2 that the thinner the wing the higher the 
supersonic l i f t -curve slope. 

The 

In the bottom part of figure 3 the e f f ec t  of aspect r a t i o  on a 
35’ sweptback wing having an NACA 65A006 a i r f o i l  parallel t o  the plane 
of symmetry i s  presented. 
4 reduced the magnitude of the l if t-curve slope, it had very l i t t l e  
e f f ec t  on the variation of the l if t-curve slope with mch number. 
the subsonic range the theoret ical  l if t-curve slopes a re  somewhat lower 
than the experimental resu l t s ,  while i n  the  supersonic range the theo- 
r e t i c a l  resu l t s  are considerably higher than the experimental r e su l t s  as  
was the case for  the unswept wings. 

Although reducing the aspect r a t i o  from 6 t o  

In 

Effect of sweepback.- The e f fec t  of sweepback on the variation of 
the l if t-curve slope with lkch number i n  the transonic speed range i s  
shown i n  figure 4. The top part of the figure presents the r e su l t s  for  
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wings of aspect r a t i o  4, taper r a t i o  of 0,6, and with NACA 65~006 air-  
f o i l  sections placed parallel t o  the plane of symmetry. 
are the theore t ica l  r e su l t s  obtained from references 16 t o  21 and the 
experimental resu l t s  obtained i n  the Langley 6-inch supersonic tunnel 
(reference 22) . 

Also presepted 

The agreement between the experimental and theore t ica l  l i f t -curve 
slopes i n  the subcr i t ica l  %ch number range i s  fair, with the experi- 
mental slopes being somewhat higher. The higher experimental slopes may 
be due, i n  part, t o  the extremely lm Reynolds numbers of the tes ts .  It 
has been shown (see references 23 and 24) tha t ,  i n  the low Reynolds 
number range, the l if t-curve slope increases with decreasing Reynolds 
number. The subsonic r e su l t s  indicate tha t ,  as the sweep angle i s  
increased, the r a t e  of change of the l if t-curve slope with %ch number 
decreases and the force-break Mach number increases. In the transonic 
speed range, increasing the sweep angle eliminated the bucket-type 
variation of l i f t -curve slope, which occurred for  the unswept wing. In 
the supersonic range the experimental resu l t s  appear t o  fair  reasonably 
well  i n to  the supersonic-tunnel resu l t s ,  and indicate, as does the super- 
sonic theory, t ha t  the r a t e  of change of l i f t -curve slope with Mach 
number decreases with increasing sweep angle. 
the experimental l if t-curve slopes i s  considerably less than tha t  given 
by the theory due, in  part ,  t o  the fac t  t ha t  the wings were of f i n i t e  
thickness, while the theory i s  for  i n f in i t e ly  th in  wings. 
t o  the data presented, there a re  data available fo r  a 35' sweptback 
wing but, t o  avoid confusion between the rather  large number of curves, 
these data have been omitted from figure 4. 
however, can be seen i n  figure 3. 

However, the magnitude of 

In addition 

The data f o r  t h i s  wing, 

In the lower part  of f igure 4 the ef fec t  of sweepback on the varia- 
t i on  of the l if t-curve slope with Mach number for  wings of aspect r a t i o  6, 
taper  r a t i o  0.6, and NACA 65~006 a i r f o i l  sections papallel  t o  the plane 
of symmetry i s  shown. Except fo r  the fac t  t ha t  the l if t-curve slopes 
are somewhat higher because of the higher aspect r a t io ,  the aspect- 
ratio-6 data indicate essent ia l ly  the same e f f ec t s  of sweep as did the 
aspect-ratio-4 data. 

Effect of fuselage.- Although the preceding discussion has been 
fo r  wing-alone configurations, most of the wings have a l so  been tes ted  
i n  combination with a fuselage with the wings positioned on the fuselage 
so tha t  the quarter chord of the mean aerodynamic chord was a t  the point 
of maximum fuselage diameter. 
l i f t -curve slope i n  a l l  cases except for  the unswept wings wheq? there 
w a s  no appreciable e f fec t  (see references 2 t o  9 ) .  
t o  be no consistent trend of the fuselage e f f ec t  on the l if t-curve slope. 
This inconsistency may be due t o  the fac t  tha t ,  as the wing plan form 
w a s  changed, the position of the root chord w i t h  respect t o  the fuselage 

, also changed or the f ac t  t ha t  there w a s  a i r  leakage between the fuselage 

The addition of a fuselage increased the 

However, there appears 
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and the bump surface. Even i f  the air  leakage d id  not a l t e r  the quali-  
t a t i v e  trends with wing geometry, it probably had a rather  large e f f ec t  
on the magnitude of the fuselage e f fec t .  A few general observations 
can be made from the data; however, i n  general, the pe2cent increase 
i n  the l if t-curve slope, due t o  the fuselage, appeared t o  increase with 
wing sweep angle and usually w a s  f a i r l y  constant with %ch number. For 
the cases where there appeared t o  be a variation with Mach number it was 
usually an increase with increasing %ch number. 
obtained was about 25 percent. 

The maximum increase 

Cr i t i ca l  and force-break h c h  numbers.- Figure 5 summarizes the 
e f f ec t  of wing thickness r a t i o  and sweep angle on the theore t ica l  c r i t i -  
c a l  Wch number and the experimental force-break Mach number. The theo- 
r e t i c a l  c r i t i c a l  Mach numbers were estimated from references 13 and 14 
( e f f ec t  of aspect r a t i o  can be neglected i n  range under consideration), 
whereas the experimental force-break Mach numbers were taken as the Mach 
number a t  which (2% w a s  a maximum. In the top W r t  of f igure 5 the 
e f fec t  of thickness r a t i o  i s  sumqarized f o r  the unswept and 45' swept 
wings. The re su l t s  indicate tha t  as the thickness r a t i o  i s  increased 
the c r i t i c a l  and force-break Mach numbers decrease. It w i l l  be noted, 
however, that the force-break Mach numbers exceed the theore t ica l  c r i t i -  
c a l  Mach numbers by approximately 0.04 fo r  the unswept case and approxi- 
mately 0.03 fo r  the 45' sweptback case. 

The bottom part  of f igure 5 presents the e f f e c t  of sweep angle on 
the theore t ica l  c r i t i c a l  Mach number and the experimental force-break 
Mach number for  wings having NACA 65AOO6 a i r f o i l  sections pa ra l l e l  t o  
the plane of symmetry. The so l id  l ine  represents the theoret ical  
variation of the c r i t i c a l  Mach number with sweep angle for  wings having 
NACA 65~006 a i r f o i l  sections while the symbols represent the experi- 
mental force-break Mach numbers. 
break b c h  number exceeds the c r i t i c a l  bhch number somewhat. However, 
when the var ia t ion of the c r i t i c a l  Mach nu-nber with sweep angle was 
determined by using the force-break b c h  number fo r  the unswept wing 
as though it were the c r i t i c a l  Mach number, f a i r l y  good agreement w a s  
obtained as indicated by the agreement between the dashed l i n e  (repre- 
senting the  modified theory) and the symbols. 
i f  the force-break Mach number of an unswept wing i s  known, the force- 
break Mach number fo r  a swept wing having the _same-ai-J-&ec$J&n 

It w i l l  be noted again that the force- - 

It therefore appears tha t ,  

can be estimated by the method of 
tha t  the simple sweep theory as  indi-  

cated by the long- and short-dash l ine  grea t ly  overestimates the e f fec t  
of sweep on the c r i t i c a l  %ch number. Based on the simple sweep theory, 
which states tha t  it is  only the flow normal t o  the sweep l ine  tha t  
a f f ec t s  the pressures, the c r i t i c a l  Mch number i s  equa l  t o  the recip- 
rocal  of the cosine of the sweep angle times the section c r i t i c a l  Mach 
number f o r  the a i r f o i l  section normal t o  the sweep l ine .  The reason 

i 
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fo r  the fa i lure  of the simple sweep theory is  that i n  the v i c in i ty  of it 
the plane of symmetry of a, swept wing, and a t  the'wing t i p s ,  the flow 
cannot conform t o  the eosine ru le .  

L i f t  bucket.- In figures 2 and 4 $ t  has been shown that some wings 
are characterized by a bucket-type var ia t ion of l i f t -curve slope against  
Mach number above the force break and it w a s  noted that as the  thickness 
r a t i o  w a s  increased the l o s s  in  l if t-curve slope i n  the bucket increased. 
It,was a l so  noted that, as the sweep angle w a s  increased, the loss  i n  
l i f t -curve slope was decreased. In figure 6 the  lo s s  i n  l if t-curve slope 
i n  the bucket i s  plotted against  thickness r a t i o  (streamwise) f o r  unswept 
and 4 5 O  sweptback wings of aspect r a t i o  4. 
is  defined as the difference between the maximum l i f t -curve slope and the 
value a t  the bottom of the bucket divided by the maximum. 
fo r  the unswept wing indicate tha t  the loss i n  l i f t -curve slope increases 
approximately l i nea r ly  with thickness r a t io ,  with the unswept 12-percent- 
thick wing losing about 45 percent of i t s  maximum l i f t -curve slope. 
the 45' sweptback 12-percent-thick wing the loss  i s  reduced s l i g h t l y  t o  
4,O percent. 
the stream direct ion and, therefore, the effectiveness of sweep i n  
reducing the loss  of lift is somewhat l e s s  than would be obtained i f  the 
sweep had been produced by rotat ion so that the thickness r a t i o  normal 
t o  the sweep l ine  w a s  constant. 
Mach number gradient over the transonic bump could modify somewhat the 
magnitude of the l i f t  loss;  however, it i s  f e l t  t ha t  the r e su l t s  give a t  
l ea s t  a qual i ta t ive indication of the e f fec t  of thickness and sweep on 
the loss of l if t-curve slope. 

The loss  i n  l if t-curve slope 

The re su l t s  

For 

It should be remembered tha t  the thickness r a t io s  are i n  

It should a l s o  be pointed out that the 

Drag a t  Zero L i f t  

Effect of thickness ra t io . -  In figure 7 the e f f ec t  of thickness 
r a t i o  on the drag a t  zero l i f t  is  presented fo r  unswept wings of aspect 
r a t i o  4 and 45' sweptback wings of aspect r a t io s  4 and 6. 
indicate tha t ,  as the thickness r a t i o  is  increased, the drag rise occurs 
a t  a lower Mach number, i s  steeper, and rises t o  a higher value. It w i l l  
be noted that the wings are not a l l  consistent with regard t o  a i r f o i l  
section; however, it is believed tha t  the differences i n  drag characteris-  
t i c s  are due mainly t o  the maximum thickness r a t i o  and not the chordwise 
thickness dis t r ibut ion.  

The r e s u l t s  

In the top part of figure 8 the pressure drag fo r  wings of aspect 
r a t io s  4 and 6 a t  a Mach number of 1.0 is  plot ted against  the transonic- 
similari ty-rule thickness parameter (see reference 25) . The pressure 
drag a t  a Mach number of 1.0 was assumed t o  be the difference between 
the t o t a l  drag a t  a b c h  number of 1.0 and the t o t a l  drag a t  a Mach num- 
ber of 0.6. The results indicate tha t ,  for  wings of moderate aspect r a t io .  
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the sonic pressure drag varies f a i r l y  l inear ly  

9 

with ( t / ~ ) ~ / ~  even f o r  
the swept wings, although the theory is  for  two-dimensional unswept 
wings. It w i l l  be noted, huwever, tha t  when the sweep angle w a s  increased 
t o  45 the rate of change of pressure drag with (t/c) 'l3 decreased. 
the bottom part  of f igure 8 the experimental e f f ec t  of aspect r a t i o  on the 
r a t e  of change of sonic pressure drag with ( t / ~ ) ~ / ~ ,  as obtained from 
reference 26, is presented fo r  unswept wings having NACA 65-on a i r f o i l  
sections. 
be noted t h a t ' t h e  pressure drag of the present tests i s  somewhat higher 
than tha t  presented i n  reference 26. The difference i n  drag may be due 
t o  the extremely low Reynolds number of the present tests or wing- - fuselage interference which might be present i n  the data of reference 26, 
Although it i s  for  a d i f fe ren t  type a i r f o i l  section, the theore t ica l  
r e su l t  of reference 27 i s  presented since it i s  one of the few sonic 
solutions available.  

0 In 

Also presented i s  the r e su l t  of the present tests and it w i l l  

Effect of sweepback.- The e f fec t  of sweepback on the drag a t  zero 
l i f t  is presented i n  figure 9. A s  the angle of sweepback i s  increased 
the drag rise becomes less s teep and begins a t  a higher Mach number due 
t o  the effectiveness of,sweep i n  reducing the pressure drag. No t ran-  
sonic theories a p p a r  t o  be available t o  predict  the e f fec t  of sweep 
on the drag a t  zero l i f t .  However it has been found tha t  the maximum 
pressure-drag coefficient,  which usually occurs i n  the transonic range, 
decreases by the 4th power of the cosine of the sweep angle' when the 
thickness r a t i o  i s  constant i n  planes normal t o  the sweep l ine  (sweep 
obtained by ro t a t ion ) .  The wings of the present paper, however, were 
swept by shearing the sections back and the thickness r a t i o  i s  therefore 
constant in  planes pa ra l l e l  ,to the plane of symqetry. Therefore, the 
maximum pressure-drag coefficient of an unswept wing having a thickness 
r a t i o  equal t o  the thickness r a t i o  of the swept wing i n  a direction nor- 
mal t o  the sweep l ine  must be known before the maximum pressure-drag 
coefficient of the swept wing can be estimated. In figure 8 it has been 
shown that the pressure drag of unswept wings a t  sonic speed is propor- 
t i ona l  t o  the 5/3 power of the thickness r a t i o  and from figure 7 it 
appearsethat,  for  thick unswept wings, the maximum pressure drag occurs 
very close t o  sonic velocity.  
thick i n  the direct ion normal t o  the sweep l ine,  it appears that the 
relat ionship for  the pressure drag of unswept wings a t  the speed of 
sound can be used t o  estimate the maximum pressure-drag coefficient of 
sweptback wings. 

Inasmuch as most swept wings are rather  

The expression fo r  the maximum pressure drag then becomes 

'This re la t ionship has been developed by D r .  S. F. Hoerner of the 
Aircraft  Section, Wright Field, Ohio and is  presented i n  unpublished 
lecture  notes which were dis t r ibuted a t  the Wright Field Seminar on 
Compressibility Effects on Aircraft  Design, 1950. 
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where 

( fo r  unswept wing having 
measured pa ra l l e l  t o  the 
of equation (1) with the 

t 8ame aspect r a t i o  as swept wing) and 
plane of symmetry. Figure 10 shows a comparison 
experimental r e su l t s  obtained from figures 7 

i s  

- 

and 9 .  
ra t io-4 wings, with a value of 2.89 for  
being used. 
wings with a value of 3.27 fo r  K, obtained by correcting the value fo r  
the aspect-ratio-4 wings of the present tests and u t i l i z i n g  the aspect- 
r a t i o  curve presented i n  figure 8. It w i l l  be noted that the agreement 
between equation (1) and the experimental r e su l t s  i s  good for  both the 
aspect-ratio-4 and aspect-ratio-6 wings. 
l i t t l e  difference i n  the sweep of the reference l i n e  (quarter-chord l i ne )  
and the sweep of the maximum-thickness l i ne  and, since in  the transonic 
range the m i n i m u m  pressure may not occur a t  the maximum thickness, the 
sweep of the reference l i ne  w a s  used. 
may be due t o  the f ac t  that the wings were not highly tapered. 

The top par t  of figure 10 presents the r e s u l t s  fo r  the aspect- 
K as obtained from figure 8 

The bottom part presents the r e s u l t s  fo r  the aspect-ratio-6 

Inasmuch as there i s  very 

The good agreement, therefore, 

Drag Due t o  L i f t  

Effect of thickness r a t io . -  The e f fec t  of wing thickness r a t i o  on 
the drag due t o  l i f t  i s  s h m  i n  figures 11 and 12. In figure 11 the 
drag-due-to-lift increment LXD is plot ted against  l i f t  coefficient for  
unswept wings of aspect r a t i o  4 having thickness r a t i o s  of 4, 6, and 
12 percent for  Mach numbers of 0.70, 0.95, and 1.15. The resu l t s  indi-  
cate tha t ,  a t  a Mach number of 0.70, the drag due t o  l i f t  increased as 
the thickness r a t i o  w a s  decreased, whereas a t  Mach numbers of 0.95 and 
1.15 the reverse w a s  t rue.  In the luwer right-hand par t  of the figure 
the drag due t o  l i f t  f o r  a l i f t  coefficient of 0.30 is plotted against 
thickness r a t i o  f o r  Mach numbers of 0.70 and 1.15. Also presented are 
the theore t ica l  values fo r  the condition of the resul tant  force act ing 
normal t o  the local  relative wind C L ~ / X A  and the condition of the 
resul tant  force act ing normal t o  the chord l i n e  It w i l l  be 
noted tha t ,  a t  a Mach number of 0.70, there is  a t rans i t ion  from 

CL tan a. 
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C tan a t o  CL as the thickness r a t i o  i s  increased from 4 per- 

cent t o  12 percent. This t rans i t ion  may be due t o  the fac t  that the 
th in  wing, which has a r e l a t ive ly  sharp leading edge, may lose (because 
of leading-edge separation) a large part  of i t s  leading-edge suction. 
With zero leading-edge suction the resul tant  force is normal t o  the 
chord l i ne .  
due t o  l i f t  i s  equal t o  
since these wings are unswept and therefore have supersonic leading edges 
and can develop no leading-edge Guction. 

L '/ 

A t  a k c h  number of 1.13 it w i l l  be noted tha t  the drag 
This condition is  t o  be expected CL t an  a. 

In figure 12 the drag due t o  l i f t  i s  plotted against  l i f t  coefficient 
fo r  45' sweptback wings of aspect r a t i o  6 having thickness ra t ios  of 6, 
9, and 12 percent for  Mach numbers of 0.70, 0.97, and 1.15. A s  was the 
case fo r  the unswept wings ( f i g .  ll), the drag due t o  l i f t  a t  a &ch 
number of 0.70 increases with decreasing thickness r a t i Q .  A t  a k c h  
number of 0.95 the drag due t o  lift was greatest  for  the thickest  wing, 
whereas a t  a Mach number of 1.15 there was l i t t l e  e f fec t  of thickness 
r a t i o  on the drag due t o  l i f t .  In the lower right-hand part  of f igure 12 
the drag due t o  l i f t  a t  a l i f t  coefficient of 0.40 is plot ted against 
thickness r a t i o  for  Mach numbers of 0.70 and 1.15. A s  w a s  the case for  
the unswept wings, there i s  a t rans i t ion  from the resul tant  force act ing 
normal t o  the chord 

the loca l  re la t ive  wind C L ~ / I I A  as the thickness i s  increased from 6 per- 
cent t o  12 percent. 
due t o  leading-edge separation on the th in  wings. A t  a k c h  number of 
1.15 it w i l l  be noted tha t  these swept wings with subsonic leading edges 
do not have, as would be expected, t h e i r  resul tant  forces normal t o  the 
chord as did the unswept wings ( f i g .  11) . 

CL tan a t o  the resul tant  force act ing normal t o  

A s  mentioned previously, this t rans i t ion  may be 

Effect of aspect ra t io . -  The e f f ec t  of wing aspect r a t i o  on the drag 
due t o  l i f t  i s  shuwn i n  figure 13. 
2, were unswept, and had NACA 65A004 a i r f o i l  sections.  
indicate, as  would be expected, t h a t  throughout the k c h  number range 
investigated the aspect-ratio-2 wing has considerably more drag due t o  
l i f t  than the aspect-ratio-4 wing. 
the drag due t o  l i f t  a t  a l i f t  coeff ic ient  of 0.4 i s  plotted against 
aspect r a t i o  and compared with CL2/rrA and CL tan a for  Mach numbers 
of 0.70 and 1.15. The resu l t s  fo r  a Mach number of 0.70 indicate that 
the inclination of the resul tant  force approaches the normal t o  the 
chord l i n e  
edge suction due t o  leading-edge sepeLration on these th in  wings ( 4  per- 
cent)  with s m a l l  leading-edge r ad i i .  
1.15 indicate, as would be expected since the wing has a supersonic 
leading edge a t  t h i s  Mach number, t ha t  the resul tant  force i s  normal t o  
the wing chord l i ne .  

The wings had aspect r a t io s  of 4 and 
The r e s u l t s  

In the lower r igh t  side of figure 13 

CL tan a . This inclination may be due t o  a loss i n  leading- ( ) 
"he re su l t s  fo r  a Mach number' of 
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Effect of sweep.- The e f f ec t  of wing sweep angle on the drag due t o  

is plotted against  l i f t  coefficient fo r  wings of aspect 
l i f t  i s  sham i n  figure 14. In t h i s  f igure the drag-due-to-lift incre- 
ment 
r a t i o  4, taper r a t i o  0.6, with NACA 65~006 a i r f o i l  sections parallel t o  
the plane of symmetry, and with sweep angles of Oo, 45O, and 600 for  
Mach numbers of 0.70, 0.95, and 1.15. &e resu l t s  indicate that ,  a t  
Mach numbers of 0.70 and 0.95, the drag due t o  l i f t  increases as the 
sweep angle increases, the drag due t o  l i f t  of the 60' wing being about 
twice that of the unswept wing. However, a t  a Mach number of 1.15 there 
i s  very l i t t l e  e f f ec t  of sweep angle on the drag due t o  l i f t .  
f o r  the increase i n  drag due t o  l i f t  with sweep i n  the subsonic range is  
i l l u s t r a t e d  i n  the lower right-hand part of figure 14 where the experi- . 
mental 
force ac t ing  normal t o  the loca l  re la t ive  wind CL YA and the other 
fo r  the resul tant  force act ing normal t o  the chord CL tan a 
presented. It w i l l  be noted ( M  = 0.70) that, fo r  the unswept wing, the 
resul tant  force appears t o  be about halfway between the normal t o  the 
loca l  r e l a t ive  wind and the normal t o  the chord l i ne  and, therefore, 
the induced drag depends not only on the induced angle but a l so  on the 
geometric angle of a t tack.  Since a swept wing requires a higher angle 
of a t tack  t o  support a given l i f t  (see f i g .  4), it follows tha t  the 
induced drag w i l l  increase with sweep angle. The reason for  the rear-  
ward incl inat ion of the resul tant  force i s  probably caused, t o  a large 
extent, by leading-edge separation on these th in  (6  percent) wings with 
small leading-edge r a d i i .  This leading-edge separation r e su l t s  i n  a 
loss of leading-edge suction which corresponds t o  an increase i n  drag. 
With zero leadingedge suction the resul tant  force is  normal t o  the 
chord l i ne  (neglecting any separation rearward of the leading edge) and 
the induced drag i s  given by 
plot  of L?(=I> 

has l o s t  more suction than the unswept wing. 
f ac t  that ,  according t o  simple sweep theory, the l i f t  coefficient based 
on the component of the dynamic pressure normal t o  the sweep l ine  i s  
important and t h i s  l i f t  coefficient increases with sweep angle fo r  a 
constant wing l i f t  coefficient,  based on the free-stream dynamic pressure. 

L?(=D 

The reason 

ED and the two theoret ical  curves - one f o r  the resul tant  

' I  - are  

CL tan a. It w i l l  a l so  be noted on the 
against sweep angle ( M  = 0.70) tha t  the 60' wing apparently 

This loss  may be due t o  the 

A possible explanation of the f ac t  t ha t  the drag due t o  l i f t  i s  
r e l a t ive ly  independent of sweep angle a t  a k c h  number of 1.15 can be 
seen from the plot  of ED against sweep angle ( M  = 1.15) in  the lower 
right-hand colZner of figure 14. It appears that the unswept wing has 
l o s t  a large part of i t s  leading-edge suction due t o  the fac t  that a t  ' 
t h i s  bhch number it has a supersonic leading edge. However, the swept 
wings have subsonic leading edges and, therefore, r e t a in  a part of t h e i r  
leading-edge suction which resul ts ,  for  these par t icular  wings a t  t h i s  
par t icular  Mach number, i n  a rather  f la t  curve of ED against sweep 
angle. 
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Effect of fuselage.- "he e f f ec t  of a fuselase on the drag due t o  
l i f t  of a 4 5 O  swept wing of aspect r a t i o  4 with an NACA 6 5 ~ 0 0 6  a i r f o i l  
section parallel t o  the plane of symmetry i s  presented in figure 13. 
In %his figure the drag due t o  l i f t  
c ient  for  Mach numbers of 0.70, 0.97, and 1.15 fo r  both the wing alone 
and the wing-fuselage combination. It is in te res t ing  t o  note that the 
drag due t o  l i f t  of . the  wing-fuselage combination is  considerably less 
than that fo r  the  wing alone. 
t o  the f a c t  that, on t h i s  re la t ive ly  th in  wing, the drag due t o  l i f t  is 
dependent t o  a rather  large extent on the angle of a t tack  and the addi- 
t ion  of the fuselage increases the l i f t -curve slope and thereby reduces 
the drag a t  a given l i f t  coefficient.  

XD is plot ted against  l i f t  coeffi-  

This difference is due, a t  least i n  part, 

CONCLUSIONS 

A correlation, based on transonic-bump data, of the e f f ec t  of wing 
thickness r a t i o  and plan form on the l i f t  and drag character is t ics  i n  
the Mach number range from 0.6 t o  1.13 a t  Reynolds numbers generally 
lower than 1 X 10 6 indicated the following conclusions: 

1. In the subsonic range the theory w a s  in  f a i r  agreement with the 
experimental l if t-curve slopes below the force break, but i n  the super- 
sonic range the theory w a s  considerably higher than the experimental 
r e su l t s .  

2. Increasing the thickness r a t i o  caused rather  large losses i n  l i f t -  
curve slope i n  the transonic speed range and increases in  sweep angle 
decreased these losses. The effect  of sweep angle on the l i f t - force-  
break Mach number could be estimated with a fair degree of accuracy by 
u t i l i z ing  c r i t i c a l  Mach number theory. 

3.  Increasing the thickness r a t i o  caused an earkier  drag rise and 
large increases i n  the pressure drag. The re su l t s  indicated that, a t  a 
h c h  number of 1.0, the pressure drag w a s  approximately porportional t o  
the 5/3 power of the thickness r a t io .  

4. Increasing the sweep angle increased the drag-rise Mach number 
The ef fec t  of sweep on the m a x i m u m  and reduced the pressure drag. 

zero- l i f t  drag could be estimated f a i r l y  accurately by a previously 
determined relationship.  

5 .  In  the subcr i t ica l  Mch number range decreases i n  thickness r a t i o  
caused increases i n  the drag due t o  l i f t ,  due probably t o  leading-edge 
separation. However, i n  the supercr i t ica l  range the opposite w a s  
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generally true,  with the undesirable e f fec ts  of thickness on the l i f t -  
curve slope being ref lected in the drag due t o  l i f t .  

6. Decreasing the aspect r a t i o  caused increases i n  the drag due t o  
l i f t  throughout the Pbch number range. 

7. Increasing the sweep angle caused an increase i n  the drag due t o  
l i f t  i n  the subsonic range but had l i t t l e  e f f ec t  a t  a Mach number 
of 1.15. 

8. The addition of a fuselage caused a reduction i n  the drag due t o  
l i f t  fo r  cases where the l if t-curve slope was'increased by the fuselage. 

Langley Aeronautical Laboratory 
National Advisory Committee for  Aeronautics 

Langley Field, Va . 
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TABLE I 
Summary of Wing Geometry 

sectoff A A x 

0.60 

0.60 

1.00' 

0.78 

0.60 

0.60 

060 

0.60 

0.56 

0.60 

068 

0.60 

Ref 

2 

I____ 

3 

Remarks n 0 4.0 65A004 
i 

0 65A006 a 4.0 

n 0 4.0 00/2 

0 2.0 65A004 /O 

4 60 65A006 35 

35 e', presented in 
reference 4 

4.0 65A006 5 

6 

7 

/ /  

8 

/ /  ' 

65A006 45 60 

6.0 45 

45 

65A009 

63/0/2 60 

4.0 

4.0 

65A006 C' presented in 
reference 6 

45 

45 63,A0/2 

65A006 60 40 9 
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Figure 6.- Effect of thickness r a t i o  and sweep angle on the transonic 
lift bucket. 
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Figure 7.- Effect of thickness r a t i o  on the drag at zero lift. 
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Figure 8.- Effect of thickness ratio on the  sonic pressure drag. 
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Figure 9.- Effect of sweep angle on the drag at zero l i f t .  
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Figure 10.- Effect of sweep angle on the  maximum transonic drag a t  
zero lift. 



NACA RM L5lH30 

. I6 

.I2 

.08 

.04 

8 
9 o  
$ 

s 
b -=06 t I&& 2-1 

%" 

L i f t  coefficient I CL 
0 - - 
% 

-- $=.04 , [q  
0- 

b c -  
? CL = .30 
Q 

. I6 * .  
.04 

a 12 

0 
.08 0 Experimental 

.Q4 .04 

.2 4 .6 B 0 .04 .08 ./2 .16 
0 0 

0 
Thickness ratio, e t L i f f  coefficient C, 

Figure 11.- Effect of thickness ratio on the drag due to lift. A = 4; 
A = 0'. 
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Figure 12.- Effect of thickness ra t io  on the drag due to lift. A = 6 ;  
A = 45'. 
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Figure 13. -  Effect of aspect r a t i o  on the drag due t o  lift. 
NACA 65A004 a i r f o i l ;  A = 0'. 
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Figure 14.- Effect of sweep angle on the drag due t o  lift. A = 4; 
NACA 65~006 a i r f o i l .  
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Figure 15.- Effect of fuselage on the drag due to lift. A = 4; A = 45'; 
NACA 65~006 a i r fo i l .  


